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Abstract Transport-fuselage shells are designed to support
internal pressure and mechanical flight loads which result
The results of a numerical study to assess the effeg |ocal panel loads that consist of various levels of longi-
of skin buckling on the internal load distribution in a tginal tension or compression, circumferential tension,
stiffened fuselage panel, with and without longitudinalang shear, and that cause a geometrically nonlinear shell
cracks, are presented. In addition, the impact of changegsponse. Typical metallic fuselage structure consists of
in the internal loads on the fatigue life and residuakyijt-up stiffened panels with a thin skin attached to lon-
strength of a fuselage panel is assessed. A generic N@jtudinal stringers and circumferential frames. To maxi-
row-body fuselage panel is considered. The entire panghize structural efficiency, fuselage shells are usually
is modeled USing shell elements and considerable detijsigned to allow the fuse|age skin to buckle in compres-
is included to represent the geometric-nonlinear resjon and shear at a load level that is below the design limit
sponse of the buckled skin, cross section deformation gbad condition for the shell. Thus, it is assumed that
the stiffening components, and details of the skin-stringcracks may exist in the structure during the service life of
er attachment with discrete fasteners. Results are prene aircraft, and that loading conditions could occur that

sented for a fixed internal pressure and variousvould cause the fuselage skin with cracks to buckle.
combinations of axial tension or compression loads. Re-

sults illustrating the effect of skin buckling on the stress Sk'n_ buckling cause; no_nllngar defolrmatlor?s and
distribution in the skin and stringer, and fastener |oad§hanges in the stress distribution |n.the sk|n,-the mterngl
are presented. Results are presented for the pristine strifucture, and the fasteners connecting the skin and the in-
ture, and for cases where damage is introduced in thtgrnal structure. Failure initiation and propagation in the
form of a longitudinal crack adjacent to the stringer, OIbunt-up structure may involve crack initiation in the skin

failed fastener elements. The results indicate that axidl’ stiffening elements, or fa_tigue or s_trength fail_ure F’f the
compression loads and skin buckling can have a signifiaStener elements connecting the skin to the stiffening el-
ments. The structural integrity of a built-up structure

cant effect on the circumferential stress in the skin, an§ bi q binati f | q
fastener loads, which will influence damage initiation,Su Jected to combinations of internal pressure and me-

and a comparable effect on stress intensity factors fo?hamcal flight loads can pe StUd'e.O.I analytlca!ly W.'th a
cases with cracks. The effects on stress intensity factoFg)n“near structural analysis capability, but a high-fideli-

will influence damage propagation rates and the residuaw mgdelmg and analy5|§ methodology must be applled to
strength of the panel. obtain accurate predictions of the state of stress in each

component of the structure. Most residual-strength anal-
Introduction ysis studies reported in the literature for fuselage shells
with cracks™ have been limited to internal pressure
Buckling of a fuselage panel causes local displacetoads only, where the shell is in biaxial tension. The re-
ment and stress gradients that are greater than the gragitts of analytical studies of the nonlinear response of un-
ents in a panel that is not buckled. These local gradientsiffened aluminum shells with longitudinal cracks and
influence the failure-initiation, damage-propagation andsubjected to internal pressure and axial compression
residual-strength behavior of a fuselage shell. Thus, if @ads°12have indicated that the crack-growth character-
fuselage shell is allowed to buckle, then these gradientistics of longitudinal cracks are influenced by the biaxi-
must be understood in order to predict accurately fuseal-loading ratioy, defined as the ratio of the longitudinal
lage structural integrity and residual strength. stress resultant to the circumferential stress resultant. The
- influence of biaxial loading on cracked stiffened panels
e e i s b i was reported in Refs. 13 and 14, but skin buckiing was
_ _ _ _ ~not considered in either reference. In addition, results of
Copyright © 2001 by the American Iistiute of Aronauics and Asironautics. 3 fatigue test of an A3008 fuseldindicated that com-
U. S. Government has a royalty-free license to exercise all rights under the Com‘ressive stress directioned para”e] to a crack may in-

right claimed herein for Governmental Purposes. All other rights are reserved . .
the copyright owner. Crease the stress intensity factor by 40%.
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The present paper describes the results of a numer-Fuselage &el Geometry and Finite Element Model

ical study of the nonlinear response of a typical aircraft , . . . .

y : P ora typical: The structural configuration considered is shown in
fuselage panel subjected to combinations of internal.

. . . . Fig. 1, and is a generic narrow-body fuselage panel. Itis
pressure and axial compression loads, and with and with- - ) .
L constructed entirely of 2024-T3 aluminum alloy, with a
out a longitudinal crack. The paper focuses on the r

. . : €74.-in. skin radius, a 0.040-in. skin thickness, Z-stringers
sponse of the skin and stringer region between the framgs,, " "o i spacing, and Z-frames with a 20.-in. spac-

and describes the modeling and analysis methodoloqylg' A finite element model of the stiffened fuselage

required to reprgsent the nonIir.lear. postbuckli.ng "®hanel with two frame-to-frame longitudinal skin bays
sponse of the built-up structure with rivets attaching the,  fiye circumferential stringer bays is shown in Fig. 1.

gkln to the _strmgers. Numerical results are presenteg,, origin of the (x,y) coordinate system shown in Fig. 1
first for a pristine structure, to demonstrate the effect ofg |ycated on the center stringer, and midway between the
skin buckling on the fastener loads and the stress distf;mes. The model was defined to include one half of a
bution in the fuselage panel, and to assess the impact gfin_pay beyond the last stiffening member on each edge
skin buckling on damage initiation. Then, results aréf the panel. The circumferential edges of the skin and
presented for fuselage panels with cracks to assess t@mes have symmetry boundary conditions. The longi-
impact of skin bucking on the tendency for damage propydinal edges of the panel have the rotational constraints
agation. The numerical results are intended to prOVid@f a line of Symmetry and mu|ti_point constraints to en-
insight into the complex nonlinear response of a built-uUgorce a uniform longitudinal edge displacement. The
structure and to demonstrate the types of structural ré¢oung’s modulusE, for the aluminum alloy is equal to
sponse that can be simulated by using modern analysi®).5 msi and Poisson’s ratig,is equal to 0.33.

tools. Results are presented for a generic narrow-body The loading condition for the fuselage panel con-
fuselage panel, and it is recognized that the quantitativgqis of an applied internal pressuréwhich generates a
results are sensitive to the specific configuration ConSidéircumferential stress resultant reactiny), and an axial
ered. To allow for a qualitative measure of the effect of;oqq resultanty,, which is the sum of the bulkhead
skin buckling on the response, numerical results are NOBressure load, and an applied mechanical load. The
malized by the response of the non-buckled structurgyegs resultantsi, andNy, represent the average load in
subjected to nominal pressure loads. Itis also recognizefg)undS per inch along the longitudinal and circumferen-
that prediction of damage initiation and damage propaa| edges of the panel, respectively. A biaxial loading
gation in a built-up structure typically requires a glo-ratio, y, is defined as the ratio of the axial load to the cir-
bal-local approach, where a global shell model may beumferential loadx = N,/N, . A biaxial loading ratio

used to determine the structural-level response and dg= 0.5 corresponds to the internal-pressure-only load-
fine the appropriate gross loads to be applied in a refineigg condition.

local modelt® The local model may require three-di-

) : The stringer and frame elements of the panel are
mensional analysis and should be capable of rePresenty structed of 0.050-in.-thick 2024-T3 aluminum alloy.
ing the effects of fastener countersink details

interf f. d th hothick K il 'The Z-frames are connected to the skin by L-shaped clips
Interference fit, and through-thickness crack profileSya haye cutouts for the stringers to pass through, and a

The modeling and analysis effort for the present papelyntinyous circumferential tear strap is located between
consists of a global shell model only, but considerablgy,q L-shaped clips and the skin. The cross section di-
detail was included to represent the geometric nonlineayensions for the Z-stringer, Z-frame, and L-clip are
ity and spatial variation in the response, as well as thenown in Fig. 1. In the finite-element model, the cross
structural-level interaction between the components iRactions are modeled as branched shells, rather than dis-
the built-up structure. The results from the analyses consrete beams, so that cross-section deformation could be
ducted for the present paper could be used as input f@presented. The portions of the skin-Z-frame—L-clip
more-refined local analyses. One product from theyross section that have multiple layers are represented by
present paper is an appreciation for the complexity of thg single plate element with multiple layers, and thus the
response demonstrated by the ‘global’ model, and a befayers are attached continuously, as if the layers were
ter understanding of the types of loading conditions thaonded. Conversely, the skin-stringer connection is
a local model may need to represent. For the purpose pfodeled as a riveted connection by stacking finite ele-
the present paper, estimates of the effect of skin bucklingient plate elements and connecting the plate elements
on damage initiation and propagation are based on streggth springs in a manner similar to that described in Ref.
results from the global shell model, and stress intensitg7. The skin-stringer connection was defined to repre-
factors for cracks modeled as simple, straightsent a single row of 3/16-in.-diameter rivets with a 1.-in.
through-cracks. pitch. The details of the skin-to-stringer attachment
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Figure 1. Geometry and finite element model of stiffened fuselage shell.

model are shown in Fig. 2. The skin and stringer are regstiffened locally. The fastener element used in the anal-
resented by offset layers of plate elements. A six-springsis consists of two rigid links connected by six springs.
fastener element connects a single node in the skin toTdhese springs represent the stiffnesses associated with
single node in the stringer, and beam elements are usedtension, shearing, bending and twisting of the fastener.
to distribute the fastener load over a 0.25 in.-by-0.25 inThe shear stiffness of the fastener (164e3 Ib/in.) was
area in each layer. The beam elements used to distributemputed using the empirical relation defined in Ref. 18,
the fastener load to the skin are defined so that they asvaluated for a 0.1875-in.-diameter aluminum rivet join-
stiff relative to the fastener element, but soft relative tang a 2024-T3 aluminum alloy skin and stringers of
the plate elements, so that the skin and stringer are ntiticknesses 0.040 in. and 0.050 in., respectively. The ex-
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/@
Symmetric membrane Anti-symmetric
load, K| membrane load,

Contact elements L/
Six-spring fastener element

Beam elements to distribute

- .e fastener load over a Symmetric bending Anti-symmetric
-l == T 0.25-in.-by-0.25-in. area load,k; bending loadk,
Figure 2.  Detail of skin-to-stringer attachment Figure 3. Stress intensity factors for symmetric
model. and anti-symmetric membrane and

bending loads.

tensional, flexural, and torsional stiffnesses of the fasterstrength crack extension from an elastic-plastic analy-
er element were computed assuming that the rivesdis). Procedures for computing the strain-energy-release
behaves like a simple 0.1875-in.-diameter aluminunrates using the modified crack closure integral method,
rod. Pad-contact elemehisare defined between the and computing the linear-elastic stress-intensity factors
skin and stringers to represent the contact that would ofrom the strain-energy-release rates are described in
cur if the layers of elements were to move toward eacRefs. 22 and 23. Stress intensity factors for symmetric
other. and anti-symmetric membrari€, (K;;) and bendinglg,

The finite element discretization was defined tok;) modes, shown schematically in Fig. 3, can be com-
represent adequately the buckled skin response (at legstted from individual components of the strain-ener-
four elements per half wave). Mesh-transition elementgy-release rate. For the present study, the total stress
which provide 2:1 mesh refinement were used to refinéntensity factorK is calculated from the total strain-en-
the mesh near the stringers, particularly at the centeargy-release ratés:
stringer, where cracks are to be introduced. The result-

ing finite element mesh had 157,000 degrees of freedom. K= JEG 1)
Analysis Procedure To provide a qualitative measure of the effect of skin

The STAGS (STructural Analysis of General _buckling on the response, stress i_ntensity fagtor results
Shells) nonlinear shell analysis cofayhich has special I the current papei(, K, ki, k, Ky) are defined as
features for modeling fastener elements, contact betwedhe stress Intensity fa(?tors d_escnbed above, normalized
built-up components, and cracks in shell structures, wady Kt for a biaxial loading ratio valug = 0.5.
used to conduct the analyses. STAGS is a finite element The STAGS code allows for separation of the ap-
code that can include the effects of geometric and mateied loads into two load sets that can be scaled indepen-
rial nonlinearities in the analysis. The code uses both theéently during a nonlinear analysis. To conduct the
modified and full Newton methods for its nonlinear solu-analyses for the current paper, an internal pressure was
tion algorithms, and accounts for large rotations in a shelipplied in one load set, while an axial load was applied
by using a co-rotational algorithm at the element levelin the second load set. One nonlinear analysis was con-
The Riks pseudo arc-length path following mefffod!  ducted to obtain the solution for an internal pressure of 8
is used to continue a solution past the limit points of gsi, and a large axial tension corresponding to a biaxial
nonlinear response. In addition to the nonlinear equilibloading ratiox= 2.0 , or four times the bulkhead tension
rium solution, output from STAGS calculations include load for a pressure-only loading condition. Then, a sec-
the following crack-tip fracture parameters: strain-ener-ond nonlinear analysis was conducted, keeping the pres-
gy-release rates (used to predict crack growth rates faure at 8 psi, and reducing the axial tension load to zero
fatigue loading conditions and residual strength cracland then applying axial compression loads. The maxi-
extension from an elastic analysis) and the crack-tipnum compression load considered corresponded to a bi-
opening angle (CTOA, used to determine residuabxial loading ratiox= —1.2 , which was two times the
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axial compressive load required to buckle the skin of the 2
fuselage panel. All analyses were conducted using a lin-
ear-elastic material model. While post-processing the
solutions, a yield stress of 50 ksi was assumed to assess \
the validity of the elastic solutions. 1.5\
Assessment of Damage Initiation and Pratizg o \\ \
Paris’ fatigue crack growth l&ifris applied to esti- N. RS \ \\
mate the effect of changes in stress levels and stress in- 1 .
tensity factors on damage initiation and propagation. \ /
Paris’ crack growth law is e,
\ o~
2 = oy @ o5 . —
whereC andn are material dependent variables which
are determined by experiment. For aluminum alloys,
n =4 is a reasonable estimate. If the loading cycles are 0 ]
from zero to maximum load, thefK = K. For small 05 1 15 2
cracks,K is linearly proportional to the remote stress K7, 0
perpendicular to the crack, and for crack initiation, the
initial crack size is related to micro-structural disconti- ~ Figure 4. Normalized number of cycles to extend
nuities. For a given configuration subjected to two dif- a crackk,]l\l,_and normahzedl_res:jdual
ferent loading conditions, Paris’s law, with= 4, states ?g{grqgitty?zi:t\:)errgﬁg ﬂgrrrr?wgllégd Zirrgzz
that the crack growth rate for each loading condition is
proportional to the remote stress or stress intensity fac-
tor, raised to the fourth power. The number of cycles Results and Discussion
required to extend a crack a distaueefor some value The results of a numerical study of the nonlinear re-

of x, normalized by the number of cycles to extend thesponse of a typical aircraft fuselage panel with and with-
crack the same distance for 0.5 is out longitudinal cracks, and subjected to combinations of
N = (Ko.s/Kx)4 = (00.5/0x)4 (3) internal pressure and axial compression loads are pre-
sented. Results are presented first for a pristine structure,

the crack growth rate is a function of the total stresto demonstrate the eff.ect.of ;kin_buckling on the fastener
Yoads and the stress distribution in the fuselage panel, and

intensity factor,K; . When presenting the results, th . . . O
A . . 0 assess the impact of skin bucking on damage initia-
values for stress and stress intensity factors will be not- .
. . o . . tion. Then, results for fuselage panels with damage are
malized by their values for a biaxial loading ratio value

_ ) presented to display the effect of skin bucking on the ten-

X = 0.5 such that: d .
= ency for damage propagation. Results are presented for

Ky = (K7)y/ (Kt)gs panels with damage along the skin-stringer attachment
) line in the form of failed fasteners or longitudinal skin
cracks of various lengths. The results include contour
plots of the circumferential stress and radial displace-
ment in the fuselage skin and line plots of the stress in-
N = (1/RT)4 = (1/5)4 (5) tensity factors for cases with cracks. When presenting

and can be used to estimate the effect of variations i}be _stress intensity fa_ctpr results, the components shoyvn
stress results on durability. Similarly, the effect of varia-n Fi9- 3 that are negligible for the current case are omit-

tions in stress results on the residual strength of thEed from the line plots.

structure may be estimated by a normalized residugbyistine Structure
strength, -

=
"
—”’

It is assumed that for mixed-mode loading conditions

G = 0,/0g5
Thus, the normalized number of cycles for crack exten
sion,N, is rewritten as

_ _ Nonlinear analyses were conducted for the fuselage
RS = (1/Ky) = (1/0). (6)  panel with no damage. Solutions were obtained for an
To illustrate the effect of variations in stress resultdnternal pressure load of 8 psi, and a range of axial load-
on durability and residual strengf,andRSare plotted ing values corresponding to biaxial loading ratio values
versus K1 ©) in Fig. 4. As shown in Fig. 4, elevation x =2.0to -1.2. Contour plots of the fuselage-skin radial
of the stress results by 10%, 25%, and 50%, correspondssplacement fog = 1.5, 0.5, -0.5, and -1.0 are shown in
to reductions iN of 30%, 60%, and 80%, respectively. Fig.5. The case wity = 0.5 corresponds to the bulk-
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0.0 Radial displacement, in. 0.15
stinger " _ Hia—
SHICE" | NN | NN
SUEEF | W | NN

(@)x=15

(b)x=0.5
(nominal pressure load)

(c)x=-05

d)x=-1.0

Figure 5. Fuselage-skin radial displacement for
biaxial loading ratio values of = 1.5,
0.5, -0.5, and -1.0.

6

head tension load for a nominal pressure load only. The
radial displacement result fgr= 0.5, shown in Fig. 5b,
shows that the internal pressure on the skin deforms the
skin radially outward, and the displacements are smaller
where the skin is attached to the stiffening structure. The
circumferential stiffness of the frames strongly resists
the radial deformation, thus the skin’s radial displace-
ment is the smallest near the frames. The stringers resist
radial deformation because they are attached to the
frames. The stringers provide some radial support to the
skin through the bending stiffness of the stringers. The
stringers bend along their length and deflect outward
more than the frames, and the skin on each side of the
stringer deflects outward more than the stringer. When
the axial tension load is increased to a biaxial loading ra-
tio valuey = 1.5, the tension load tends to straighten the
panel in the axial direction, and reduces the radial dis-
placement between the frames, as shown in Fig. 5a.
When the axial tension load is reversed to apply axial
compression, solutions with negative biaxial loading ra-
tio values are obtained. The skin radial displacement re-
sults for the case witty = -0.5, shown in Fig. 5c,
indicates that axial compression increases the outward
deflection of the unsupported skin, and a displacement
pattern with multiple axial half-waves between the
frames starts to develop. The formation of additional
half-waves is dominated by growth of the compres-
sion-loaded bending boundary layer near each frame.
When the axial compression load is increased beyond
= -0.6, the skin buckles into seven half waves between
the frames, and one circumferential half wave between
stringers. The skin radial displacement jpe= -1.0,
shown in Fig. 5d, displays a fully-developed buckled
skin pattern that is symmetric with respect to each string-
er and each frame. The symmetry in the response is at-
tributed to the strong influence of the bending boundary
layer on each side of the frames and the presence of the
internal pressure load. Changes in the structural config-
uration would likely influence the deformation shape and
symmetry of the response.

Panel cross sections ‘A’, ‘B’ and ‘C’ are identified
in Fig. 5. For each cross section, the deformed shape of
the skin-stringer attachment area is shown amplified by
a factor of 10 in Fig. 6. For the case with nominal pres-
sure loadx = 0.5, the deformed shape of cross section
‘A’, shown in Fig. 6a, indicates a small amount of out-
ward deformation in the skin on each side of the stringer,
and a small amount of twisting in the stringer deforma-
tion due to the asymmetry of the stringer Z cross section.
For the case with the postbuckled skin grwl-1.0, the
deformed shape of cross section ‘B’ shows the skin de-
formed toward the stringer and bent over the stringer,
with contact evident in the skin-stringer interface. At
cross section ‘C’ of the postbuckled skin wjthk -1.0,
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-30 Longitudinal stress, ksi 30

ARERA]

Outer surface

(a) x = 0.5, non-buckled skin,
cross section ‘A'in Fig. 5b

y
(b) x =-1.0, buckled skin, LP X Inner surface
cross section ‘B’ in Fig. 5d

(c) x =-1.0, buckled skin,
cross section ‘C’in Fig. 5d (@) x = 0.5 (nominal pressure load)
unbuckled skin

Figure 6. Deformed shape (10x) of the stringer
cross section for biaxial loading ratio Outer surface

values ofx = 0.5 and -1.0.
: ‘ x :
® = - F il ] = K oW ® = F

X Inner surface

the deformed shape shown in Fig. 6¢ shows the ski
pulled away from the stringer, which causes the asym
metric stringer to twist. The skin and stringer separate o
one side of the fastener row (see Fig. 6¢), and the ben
ing response of the skin is most severe in this region.

Contour plots of the longitudinal stress on the innel
and outer surface of the skin of the fuselage panel for va.;
ues ofy = 0.5 and -1.0 are shown in Fig. 7. The area o
the panel shown in the contour plots is one skin bay b
tween two frames and half a skin bay on each side of t
center stringer. The results for the nominal pressur
load,x = 0.5, indicate that the longitudinal stress in th
skin is approximately 7 ksi in tension, and is nearly uni- & #
form. For the case with=-1.0, the buckled skin causes
large gradients in the longitudinal stress. The buckle
skin between the stringers has a middle surface stress
approximately -5 ksi, but the bending deformation caus
es surface stresses ranging from -23 ksi to 13 ksi. The (b) X =-1.0, buckled skin
buckled skin has a lower longitudinal stiffness than the
unbuckled skin. Thus, a higher percentage of the axial Figure 7. Fuselage-skin longitudinal stress on

load is supported by the stringers and the skin near the inner and outer surfaces for biaxial
stringers. For the case wigh= -1.0, the skin near the loading ratio values gf = 0.5 and -1.0.
stringers has a longitudinal stress of approximately (skin region between frames and over
: center stringer).
-14 Kksi.
7
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The stringers are subjected to axial loads that are -~ [ ———
applied to the ends of the panel, and to bending loads. 5 Gircumferential stress. ksi 3
The bending loads result from the internal pressure on
the panel skin, and the radial constraint imposed by the Outer surface
frames. The stresses in the stringers are predominat
longitudinal, and the maximum stresses are located in t
cap of the stringer, i.e., away from the skin-to-stringe
connection. For the nominal pressure lgad, 0.5, the
longitudinal stress in the cap of the stringer is approxi
mately 8 ksi at the frame location, and -1 ksi midway be
tween frames. The longitudinal stress in the attachme
flange of the stringer is approximately 7 ksi. For th
compression loaded case wjth= -1.0, the longitudinal
stress in the cap of the stringer is approximately -8 ksi X
the frame location, and -29 ksi midway between th
frames. The longitudinal stress in the attachment flang
of the stringer is approximately -15 ksi. Thus, the bend
ing load on the stringer is greater when the panel is loa
ed in compression and the skin is buckled.

Contour plots of the circumferential stress on th
inner and outer surface of the skin of the fuselage pan
for values ofy = 0.5 and -1.0 are shown in Fig. 8. The
area of the panel shown in the contour plots is one ski
bay between two frames and half a skin bay on each side (@) x = 0.5 (nominal pressure load)
of the center stringer. The results for the nominal pres- unbuckled skin
sure loady = 0.5, indicate that the circumferential stress-
es in the skin are nearly uniform, and are smaller closer
to the frames. Along the line of skin-stringer attachment.
the skin bending shown in Fig. 6a causes an elevation
the circumferential stress on the inner surface and a r
duction in the circumferential stress on the outer surfac
For the case witly = -1.0, the buckled skin causes large
gradients in the circumferential stress. In regions wher
the skin buckles outward, the circumferential stresses a
elevated. In regions where the skin buckles inward, th
circumferential stresses are reduced. The largest stres
are located along the line of skin-stringer attachment. Ay 'y
points ‘D’ and ‘E’ on the panel skin, identified in Fig. 8b,
there are significant bending stresses associated with t
skin bending shown previously in Figs. 6b and 6¢c. Th
variation in circumferential stress at skin locations ‘D’
and ‘E’ for biaxial loading ratio values gf=1.5to -1.2
is shown in Fig. 9. In this figure, inner-, middle-, and
outer-surface stresses are presented, and the results
normalized by the middle-surface stressyfer 0.5. For
values ofy = 1.5 to -0.5, the middle-surface circumfer-
ential stresses are insensitive to the changes in the ax
load, and the inner- and outer-surface stresses indicate (b) x =-1.0, buckled skin
that axial compression causes a linear increase in the
bending stress that increases the inner-surface tensile Figure 8. Fuselage-skin circumferential stress on

Circumferential stress, ksi 30

4,

Inner surface

Outer surface

X Inner surface

stress, and decreases the outer-surface tensile stress. For inner and outer surfaces for biaxial
values ofy = -0.5 to -1.2, skin buckling causes nonlinear loading ratio values of = 0.5 and -1.0.
changes in the middle-surface and bending stresses. The (skin region between frames and over

2 . center stringer).
tensile circumferential stresses on the outer surface at lo- ger)
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'D' middle surface Table 1. Maximum fastener forces along the center

-1.5 "E middle surface stringer in a pristine panel

'D' inner
surface ) ‘D" outer surface Biaxial . Axial  Side Bending
1 \ : \ o eeet . loadi Tension,
1IN ' ke / oading b shear, shear, moment,
X e ,.___/--' / ratio, x ) Ib. Ib. in-b.
05 \: ) ! 05 8 40 5 2
E °“te’\'- -1.0 50 114 58 8
surface \:

pressure plus axial tensigpy 0.5, have smaller fastener

forces. When axial compression is applied and the skin

|:/
/ 'E' inher surface
/ Compression

0.5 ' :' Pressureonly  pyckles, as is the case fpr= -1.0, all of the fastener
\" / Tensjon loads become significantly larger. The maximum tensile
1 . load in the fasteners occurs at locations where the skin
\ ] deforms radially outward on each side of the stringer.
15 If the panel skin has buckled, the distribution of fas-
0 0.5 1 1.5 2 2.5 tener forces is quite complex. The short-wavelength
o buckling deformation has only three fasteners per axial
y ; . )
half-wave. The large displacement gradients result in
Figure 9. Circumferential stress at skin locations fastener forces that are rather erratic. Also, the maxi-
‘D’ and ‘E’ identified in Fig. 8D, for mum fastener force for each component may refer to sev-
E’;i_)i'azl_lf)nande'?_g rﬁggl\f“;saqf =15 eral different fasteners, rather than a single fastener. The
outer-surface stresses normalized by erratic nature and complexity of the response may make

the middle-surface stress fpr= 0.5. it difficult to determine a critical location, and make it
difficult to define a refined local model to examine the

cation ‘D’, and on the inner surface at location ‘E’, arefastener detail more closely.
more than two times the values for the pressure-onl .

case. In addition, the middle-surface tensile stress at éw'fasteners
cation ‘E’ increases by approximately 30 percent. The

. . . One type of damage that may occur in a fuselage
Iarge strefss' values Iocatgd n the skin-stringer gtt.a.chmeBgnel is failure of the skin-to-stringer attachment. In the
region will increase the likelihood of damage initiation

and propagation in this region. Large surfage siress rgsults d_es_cribed above, it was noted that buckl_ing o_f the
will promote initiation of a surface crack, while a large anel skin increases the tensile forces_ at the skln-strl_nger
middle-surface stress will promote ,grovvth of attachment at Iocat_|ons where tr_\e skin deforms_ radially
through-crack outward on eac_h side of the _strl_nger. These hlghe_r at-
' tachment loads increase the likelihood of fastener failure
The maximum forces in the fasteners that connedby fatigue, or through the formation of small cracks at
the skin to the center stringer are shown in Table 1 for bithe fastener holes which would promote pull-through of
axial loading ratio valueg = 0.5 and -1.0. The axial the fasteners. To examine the effect of fastener failure on
shear forces are oriented along the stringer longitudindahe panel’s response, three consecutive fasteners in prox-
axis, while the side shear forces are perpendicular to tHeity to point ‘E’ in Fig. 8b were removed from the finite
stringer longitudinal axis. The bending moment that iselement model, and nonlinear analyses were conducted.
reported is the moment about the stringer longitudinaContour plots of the radial displacement of the fuselage
axis. The magnitude of the bending moments are smatkin with three fasteners removed are shown in Fig. 10
compared to the forces, but, considering that the momefidr biaxial loading ratio values ¢f = 0.5 and -1.0. For
arm of the fastener is also small, the moments may bihe nominal pressure loag,= 0.5, the displacement is
significant. When evaluating the maximum forces, theonly slightly different from the displacement of the pris-
fasteners in the center two-thirds of the stringer lengthine panel shown in Fig. 5b. For the case with axial com-
between the frames were considered. The results ioressive loady = -1.0, the panel skin is buckled, and the
Table 1 indicate that the maximum fastener loads armaximum radial displacement occurs in the skin where
along the stringer longitudinal axis. This condition will the fasteners were removed, or location ‘F’ indicated in
be the case, in general, since the stringer is much stiffétig. 10b. The deformed shape has a single half wave in
along its longitudinal axis than in any other direction.the circumferential direction that extends across two skin
Compared to the pressure-only cgse, 0.5, cases with bays, and the magnitude of the displacement near the re-
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Figure 11. Circumferential stress at skin location
‘F’ identified in Fig. 10b, for biaxial
loading ratio values gf = 1.5to -1.2;
inner-, middle-, and outer-surface
stresses normalized by the
middle-surface stress for the case with
no fasteners removed, apd: 0.5.

(b)x=-1.0 Centered 1-In.-Long Longitudinal Crack

The finite element model was modified to include a

Figure 10. Fuselage-skin with three fasteners  1.in.-long longitudinal crack in the panel skin. The crack
lraeié&?a\lllelgé[j?g(i:;alr;jtli?)p\l/?;lzuege;ftzfoor.5 was located midway between frames, centered on x = 0

and -1.0. in Fig. 1, and adjacent to the line of skin-stringer attach-

ment. Referring to the stringer cross section shown in

moved fasteners is 20% larger than the maximum digFig. 6, the crack was located 0.25 in. to the left of the fas-
placement of the pristine panel shown in Fig. 5d. tener location. Nonlinear analyses were conducted for
o ) i an internal pressure load of 8 psi, and a range of axial

The variation in circumferential stress at skin loca-jna4 values corresponding to biaxial loading ratio values

tion ‘F’ for biaxial loading ratio values of =1.5t0-1.2  y =2 0to-1.2. The 1-in.-long crack did not influence the
is shown in Fig. 11. Inner-, middle-, and outer-surfaceyanel’s overall response. When the panel was loaded in
stresses are presented in this figure, and the results aempression, the skin buckled into the same deformed
normalized by the middle-surface stress for the case witthape as observed for the pristine panel. The fuse-
no fasteners removed, agd 0.5. Forvalues gf = 1.5  lage-skin radial displacement in the region near the

t0 0.0, the normalized stresses are approximately equal §ack, and witt = -1.0, is shown in Fig. 12. The dis-

1.0. The stresses are insensitive to the changes in the &@cément results indicate that the skin nearest to the

ial load, and there is very little bending in the skin. Wherfrack buckles radially inward, which, for the pristine
the axial load becomes compressiye; 0.0 to -1.2, the panel, was shown in Fig. 9 to reduce the middle-surface

circumferential stress locally. Radial displacement of

skin buckles and the tensile circumferential stress 'nbuckled skin with 1-in.-long longitudinal crack midway

creases dramatically, more than doubling in magnitude YPetween frames (x=0.0) and adjacent to the center
the middle and outer surfaces. The large stress values lgyinger.

cated in the skin region near the removed fasteners will g intensity factors for the 1-in.-long longitudi-
increase the likelihood of the formation and propagationy) crack, and biaxial loading ratio valueaf 2 to -1.2

of skin cracks in this region. Refer to Fig. 4 to estimateyre shown in Fig. 13. The stress intensity factors are nor-
the effect of variations in stress results on the durabilitynalized by Ky = 15 ksi/in. for x =0.5. Results are
and residual strength of the panel. shown forKy, the symmetric membrane componéfjt,
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Figure 13. Stress intensity factors for a 1-in.-long

longitudinal crack located midway

between frames (x = 0) and adjacent to

.25

the center stringer, for biaxial loading

ratio values o

by Kt = 15 ks¥in. forx = 0.5.

and the symmetric bending componéqt, For biaxial
loading ratio valuex = 2.0 to -0.5, the crack-tip re-
sponse is dominated B, and the response is not very

=2 to -1.2; normalized

nitude. When the skin buckles, the crack-tip response at
opposite ends of the crack are similar, but not identical,
because the center of the crack and the skin deformation
pattern are not aligned in the axial direction. The buck-
led skin causes high gradients in the response, and small
changes in the location of the crack-tip relative to the
buckling deformation can influence the crack-tip re-
sponse. The 1-in.-long crack has no significant affect on
the fastener forces or stringer stresses compared to the
results for the pristine panel.

Off-Center 1-In.-Long Longitudinal Crack

In the previous case, the 1-in.-long crack was locat-
ed midway between frames, centered on x =0. In the
current case, the 1-in.-long crack is still adjacent to the
line of skin-stringer attachment, but is shifted axially,
and centered on x = -2.5 in Fig. 1. Again, the 1.in.-long
crack does not influence the panel's overall response.
The fuselage-skin radial displacement in the region near
the crack, and witly = -1.0 is shown in Fig. 14. The dis-
placement results show that the skin nearest to the crack
buckles radially outward, which, for the pristine panel,
was shown in Fig. 9 to increase the middle-surface cir-
cumferential stress locally.

Stress intensity factors for the 1-in.-long longitudi-
nal crack centered on x = -2.5, and biaxial loading ratio
values ofy = 2to -1.2, are shown in Fig. 15. The stress
intensity factors are normalized {4 = 15 ksi/in. for
X = 0.5. Results are shown fiéf, the symmetric mem-
brane componenk;,, and the asymmetric bending com-
ponentk,. For biaxial loading ratio valugs= 2.0 to
-0.5, the crack-tip response is dominated<ipyand the
response is not very sensitive to variations in the biaxial
loading ratio. When axial compression load is applied
and the skin buckleg & -0.6), the stress intensity factors
K, andk, increase in magnitude. The symmetric mem-
brane componenk, for x = -1.2 is 40% larger thal,
for the pressure-only casg,=0.5. The asymmetric
bending componentk,, which is insignificant for
X = 0.5, increases in magnitude by over 1,200% for
X =-1.2, and is 80% larger th&q for the pressure-only
casex = 0.5. Thus, the magnitude and mode-mixity of
the crack-tip stress intensity factors are strongly influ-
ence by skin buckling. By comparing these results with
the results with the crack centered on x = 0, it is evident
that the effect that skin buckling has on the crack-tip re-
sponse of a short crack is dependent on the crack location

sensitive to variations in the biaxial loading ratio. When.q|ative to the buckling deformation. Refer to Fig. 4 to
an axial compression load is applied and the skin bucklesstimate the effect of variations in the total stress intensi-
(X <-0.6), the stress intensity factqris reduced in mag- ty factor,Ky, on the durability and residual strength of the
nitude, and the bending component is increased in maganel.
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corresponding to biaxial loading ratio valyes 2.0 to
_' '_ _ -1.2. The 4-in.-long crack is large enough to influence
0.0 Radial displacement, in. 0.15 the panel’s overall response. Contour plots of the fuse-
lage-skin radial displacement for biaxial loading ratio
valuesy = 0.5 and -1.0 are shown in Fig. 16. The dis-
placement results indicate that the presence of the
4-in.-long crack influences the radial displacement in

1-in.-long crack one skin bay on each side of the center stringer. The in-
—_— fluence is not confined to the skin bay on the side of the
stringer where the crack is located, because the crack un-
Fasteners for loads the circumferential tension load in the skin, and the
enter stringer

stringer is not stiff enough in the circumferential direc-
tion to prevent the adjacent skin bay from also unloading.

A contour plot of the middle-surface longitudinal
stress in the fuselage-skin is shown in Fig. 17 for the
nominal pressure loag, = 0.5. The results shown in
Figure 14. Radial displacement of buckled skin ~ Fig. 17 suggest that the influence of the 4-in.-long crack

with a 1-in.-long longitudinal crack is contained within the two-skin-bay area in the center of
centered on x = -2.5in. and adjacent 0 the panel. The results in Fig. 17 also indicate that there
the center stringey, = -1.0. is a small region of the skin on each side of the crack that
has a compressive longitudinal stress. These compres-
-1.5 Kk — sive stresses are like the compressive stresses that devel-
P2 K i - op in regions near the edge of the crack in a

: I ; -
X 1 /\// \/‘ <‘ center-cracked flat plate subjected to a tension load. The

x=-2.5

: - Ky stresses in the stringer are influenced by the crack in the
-0.5 /’ skin in the following manner. The skin on one side of the

4-in-long crack is attached to the stringer. Along the
0 : : : length of the crack, the compressive longitudinal stress
/ f Compression in the skin applies a compressive load to the stringer at-

5 ) Pressureonly tachment flange. In addition, the remote circumferential

/ ‘ Tension stress in the skin causes the crack to open, which imparts
1 i a circumferential side load on the stringer.
l For cases with all values of the biaxial loading ra-
1.5 tio, the radial displacement is larger in the two skin bays
I adjacent to the crack, and the shape of the buckling de-
2 1 ‘ 1 formation is different from the deformation in the re-

0.0 0.5 1.0 15 2.0  mainder of the panel. The internal pressure causes

outward bulging of the skin near the crack, and these

Figure 15. Stress intensity factors for a 1-in.-long bulging deformations are magnified when the panel is
' longitudinal crack centered on x - .p5 Subjected to compressive loads. The deformations asso-
in. and adjacent to the center stringer, ~ ciated with the 4-in.-long crack dominate the local panel

A

for biaxial loading ratio values ¢f= 2 response and skin buckling deformation. This behavior
to -1.2; normalized by = 15 kswin. was not the case for shorter cracks, where the skin buck-
forx =0.5. ling deformation dominated the panel response, and the

crack behaved more like a local detail or inclusion. The
deformed shape (3x magnification) of the center stringer
near the 4-in.-long crack for biaxial loading ratio values

The finite element model was modified to include aof x = 0.5 and -1.0 are shown in Fig. 18. The deformed
4-in.-long longitudinal crack in the panel skin. The crackshapes have significant displacements in the skin, but
was located midway between frames, centered on x =d@istortion of the stiffener cross-section appears to be
in Fig. 1, and adjacent to the line of skin-stringer attachminimal. The results of the analyses indicate that the
ment. Nonlinear analyses were conducted for an internaktringer did not yield or collapse, and was able to support
pressure load of 8 psi, and a range of axial load valugbe additional loads developed by the crack.

Centered 4-In.-Long Longitudinal Crack

12
American Institute of Aeronautics and Astronautics



EEENENEREN— L1
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Frame Frame

Frame Frame

4-in.-long crack
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. KArea in compression

Figure 17. Middle-surface longitudinal stress in
the fuselage-skin with a 4-in.-long
longitudinal crack located midway
between frames (x = 0.0) and adjacent
to the center stringer, for biaxial
loading ratio value af = 0.5.

(b) X = -1.0

Figure 16. Radial displacement of fuselage-skin
with a 4-in.-long longitudinal crack
located midway between frames
(x = 0.0) and adjacent to the center
stringer, for biaxial loading ratio values Figure 18. Deformed shape (3x) of the center
ofx=0.5and -1.0 stringer near a 4-in.-long crack for

biaxial loading ratio values ¢f = 0.5
and -1.0.
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The maximum forces in the fasteners that connecg > 0.5, the crack-tip response is dominatedkpyand
the skin to the center stringer are reported in Table 2 fahe response is not very sensitive to variations in the bi-
biaxial loading ratio valueg = 0.5 and -1.0. The maxi- axial loading ratio. When axial compression load is ap-
mum fastener loads are considerably larger than the vablied, x < 0.5, the stress intensity factors increase in
ues for the pristine panel reported in Table 1. Compareghagnitude in a manner that is typical of a limit-load re-
to the pressure-only casg= 0.5, cases with pressure sponse, rather than a bifurcation buckling response. That
plus axial tensiorny > 0.5, have smaller fastener forces. is, the bulging deformation near the crack develops grad-
When axial compression is applied and the skin bucklegjally with increasing compression load, rather than
as is the case fo{=-1.0, all of the fastener loads be- changing suddenly when the skin buckles. For the max-
come significantly larger. imum compression load considergds -1.2,K, is 70%
larger tharK, for the pressure-only case. Similarky,
Table 2. Maximum fastener forces along the center and K, are 270% and 460% larger, respectively, for

stringer in a panel with a 4-in.-long X = -1.2, than their respective values for a pressure load
longitudinal crack. only, X = 0.5. Refer to Fig. 4 to estimate the effect of
Biaxial Tension Axial Side Bending variations in the t_otal stress intensity factéy, on the
loading I ' shear, shear, moment, durability and residual strength of the panel.
ratio, Ib. . in-1b. N
'9.X b in-Ib Centered 10-In.-Long Longitudinal Crack
0.5 18 58 55 3

The final crack configuration considered in the
-1.0 81 328 115 8 present study is a 10-in.-long longitudinal crack located
midway between frames, centered on x = 0 in Fig. 1, and
Stress intensity factors for the 4-in.-long longitudi- adjacent to the line of skin-stringer attachment. Nonlin-
ear analyses were conducted and the panel’s response

nal crack are shown in Fig. 19 for biaxial loading ratio O : :
values ofy = 2 to -1.2. The stress intensity factors areVaS quite similar to that obtained for the 4-in.long crack.

normalized byKy = 36 ksi/in. for x = 0.5. Results are Contour plots of the fuselage-skin radial displacement

shown forK+, the symmetric and asymmetric membranefor biaxial loading ratio valueg = 0.5 and -1.0 are

components, andK,, respectivelyand the asymmet- shown in Fig. 20. The displacement results indicate that
ric bending componenk,. For the pressure-only case the presence of the longer crack influences the radial dis-
' placement over a larger portion of the panel.

X =0.5, and cases with pressure plus axial tension, ) o
A contour plot of the middle-surface longitudinal

15 : : stress in the fuselage-skin is shown in Fig. 21 for the
_ nominal pressure loag,= 0.5. Middle-surface stress in
X 4 Ky } z ,//' .- fuselage-skin with 10-in.-long longitudinal crack mid-
/ - /' e way between frames (x = 0.0) and adjacent to the center
05 )/ /, - \ stringer. The results shown in Fig. 21 suggest that the in-
' / / " Ky fluence of the 10-in.-long crack extends over the entire
/ K1 length and width of the panel. The results in Fig. 21 also
0 / / ! & Compression indicate that there is a region of the skin that has a com-
5 . | ? pressive longitudinal stress, on the side of the crack that
0.5 g 5 ,,,,Er,ess,ure,,c,nly is attached to the stringer. Recall that the results for the
/ X - Tension case with a 4-in.-long crack, shown in Fig. 17, indicated
1 / compressive longitudinal stresses in the skin on both
/ ; . sides of the crack. When the crack is longer, the internal
1.5 pressure load on the skin causes larger outward deforma-
/ ! tion on the unsupported side of the crack, and this defor-
2 i i mation induces a nonlinear tensile stress along the
0.0 05 _ 10 15 2.0 unsupported crack edge. This tensile longitudinal stress
K along the unsupported crack edge acts to increase the
Figure 19. Stress intensity factors for a 4-in.-long  compressive longitudinal stress on the side of the crack
longitudinal crack centered between that is supported by the stringer. The stresses in the
frames (x = 0) and adjacent to the stringer are influenced by the crack in the skin in the fol-

nggg %t&nggriéqubzi‘f‘ﬂglﬁlﬁg?zigg rbatio lowing manner. The skin on one side of the 10-in-long
Ky = 36 ksi7in. forx.:'0.5. y crack is attached to the stringer. Along the length of the

crack, the compressive longitudinal stress in the skin that

14
American Institute of Aeronautics and Astronautics



EEERENENSNENEE

0.0 Radial displacement, in. 0.50
Frame Frame
_______ Ml | oo

I 10-in.-lpng crack
(@x=0.5
Frame Frame
N B
_______ ¥ e R
10-in.-lgng crack
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Figure 20. Radial displacement of a fuselage skin
with a 10-in.-long longitudinal crack
located midway between frames

(x = 0.0) and adjacent to the center
stringer, for biaxial loading ratio values

of x =0.5and -1.0.
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Longitudinal stress, ksi 11
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Figure 21. Middle-surface longitudinal stress in a
fuselage skin with a 10-in.-long
longitudinal crack located midway
between frames (x = 0.0) and adjacent
to the center stringer, for biaxial
loading ratio value af = 0.5.

is supported by the stringer applies a compressive load to
the stringer attachment flange. In addition, the remote

circumferential stress in the skin causes the crack to
open, which imparts a circumferential side load on the

stringer.

The deformed shape (3x magnification) of the cen-
ter stringer near the 10-in.-long crack is shown in Fig. 22
for biaxial loading ratio values ¢f = 0.5 and -1.0. The
deformed shapes indicate that there are significant dis-
placements in the skin, and the stringer cross-section ap-
pears to be rolling for the biaxial loading ratio value of
X =-1.0. A review of the analysis results indicates that
the center stringer exhibits a limit load behavior at a bi-
axial loading ratio value gf = -1.0, and the stress levels
in several locations of the model exceed the yield stress
for the 2024-T3 aluminum alloy.

The maximum forces in the fasteners that connect
the skin to the center stringer are shown in Table 3 for bi-
axial loading ratio valueg = 0.5 and -1.0. The maxi-
mum fastener loads are considerably larger than the
values for the panel with the 4-in.long crack reported in
Table 2. Compared to the pressure-only cgsef.5,
cases with pressure plus axial tensigry 0.5, have
smaller fastener forces. When axial compression is ap-
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Figure 23. Stress intensity factors for a 10-in.-long

Figure 22. Deformed shape (3x) of the center 299
stringer near a 10-in.-long crack for longitudinal crack centered between
biaxial loading ratio values ¢f = 0.5 frames (x = 0) and adjacent to the
and -1.0. center stringer, for biaxial loading ratio

values ofy = 2 to -1.2; normalized by

Kt =72 ksi/in. forx = 0.5.

Table 3. Maximum fastener forces along the center
stringer in a panel with a 10-in.-long
longitudinal crack

Fig. 4 to estimate the effect of variations in the total
stress intensity factoKy, on the durability and residual
strength of the panel.

Biaxial : Axial Side  Bending

loading Terlwt')smn, shear, shear, moment,

ratio, X ' Ib. Ib. in-Ib. Concluding Remarks
0.5 64 237 109 7 The results of a numerical study to assess the effect
1.0 139 641 283 12 of skin buckling on the internal load distribution in a

stiffened fuselage panel, with and without a longitudinal

plied and the skin buckles, as is the casgfor1.0, all ~ skin crack, are presented. In addition, the impact of
of the fastener loads become significantly larger. changes in the internal loads on the fatigue life and resid-
Stress intensity factors for the 10-in.-long longitu- ual strength of a fuselage panel is assessed. The results

dinal crack, and biaxial loading ratio valuesyof 2 to  indicate that nqnlinear analyses _of_ the stiffened-shell
-1.2 are shown in Fig. 23. The stress intensity factors af@0del can provide accurate predictions of the geomet-
normalized byKy = 72 ksi/in. for x = 0.5. Results are rlc-nonlln_ear response of t_he puckled skin, cross section
shown forKy, the symmetric and asymmetric membranedeformation  of - the — stiffening  components, ~and
componentsK, andK|;, respectivelyand the asymmet- skin-stringer attachment forces associated with discrete
ric bending componenk,. The crack-tip response is fasteners. The numerical results indicate that compres-
dominated by, for all values of load, and for cases with Sion loads and skin buckling can have a significant effect
pressure plus axial tensigny 0.5,K is not very sensi- N the circumferential stress in the skin, and fastener
tive to variations in the biaxial loading ratio. When anl0ads, which will influence damage initiation. Compres-
axial compression load is appliegs 0.5, the stress in- Sion loads and skin buckling have a comparable effect on
tensity factors increase in magnitude, although the peStress intensity factors for cases with cracks, which _W|II
centage increases are less than for the case with tHluence damage propagation rates and the residual
4-in-long crack. For the maximum compression loactrength of the panel.

considered) =-1.2,K; is 56% larger tharK, for the The results from analyses of a pristine panel indi-
pressure-only case. Similarll; andK;, are 58% and cate that skin buckling creates large gradients in the radi-
120% larger, respectively, fygr=-1.2, than their respec- al  displacement, longitudinal  stresses, and
tive values for pressure-only loag,= 0.5. Refer to circumferential stresses in the fuselage-panel skin. The
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largest tensile stresses in the panel are located where the 63e0ng, D. Y., and Tong, P., “Nonlinear Bulging Fac-

skin buckles radially outward on each side of the stringtor Based on R-Curve Data,” Proceedings of the FAA/
er. The fastener tension loads, normal to the skin surfacgaSA International Symposium on Advanced Struc-
are also the largest in these areas. The increase in the giral Integrity Methods for Airframe Durability and

cumferential stress near the stringer due to skin bucklingamage Tolerance, September 1994, pp. 327-338.
is quantified, and the associated reduction in fatigue life )
Bakuckas, J. G., Jr., Nguyen, P. V., Bigelow, C. A.,

is estimated to be significant. Results for analyses with

fasteners removed indicated that fastener failure, by f2nd Brohek,fD., “Blulging Facltozs for Predigting fll?esidual
tigue or pull through, would have little effect on the re_Strengt of Fuselage Panels,” Presented at the Interna-

sponse of a panel under axial tensile load. But if éional Conference on Aeronautical Fatigue, Edinburgh,

compression load causes the skin to buckle, then re'icotland, June 18-20, 1997.

moved fasteners can increase the circumferential stress 8Budiman, H. T., and Lagace, P. A., “Nondimen-

in the skin, and reduce the fatigue life. sional Parameters for Geometric Nonlinear Effects in
The numerical results for cases with longitudinalPressurized Cylinders with Axial Crackslournal of

cracks indicate that compressive loads and skin bucklingPplied Mechanicsvol. 64, 1997, pp. 401-407.

generally increases the crack-tip stress intensity factors, 9Young, R. D., Rose, C. A., and Starnes, J. H., Jr.,

and thus, reduces the fatigue life and residual Strength Gmon”near Local Bending Response and Bu|g|ng Fac-

the panel. For cases with short cracks, the global pangdrs for Longitudinal and Circumferential Cracks in

response was unaffected by the crack, and the crack-tipressurized Shells,” Proceedings of the 3rd Joint FAA/

response was sensitive to the crack location relative tpoD/NASA Conference on Aging Aircraft, Albuquer-
the buckled shape of the panel. For cases with longejue, NM, September 20-23, 1999.

cracks, axial compression loads couple with the radial «Ri1lai : :
deformations near the crack to create a limit-load type of Chen, D., "Bulging of Fatigue Cracks in a Pressur-

: - ed Aircraft Fuselage,” Ph.D. Thesis, Delft University
response. The region of the panel that is influenced b
the crack is larger. Also, axial compressive loads an f Technology, Delft, The Netherlands, Report LR-647,

side loads on the stringer adjacent to the crack are i Jctober 1990.

creased by the presence of a crack, and stringer strength Hstarnes, J. H., Jr., and Rose, C. A., “Nonlinear
or stability may become an issue. Response of Thin Cylindrical Shells with Longitudinal
Cracks and Subjected to Internal Pressure and Axial
Compression Loads,” AIAA Paper No. 97-1144, April
1997.

IFolias, E. S., “An Axial Crack in a Pressurized 12Young, R. D., Rose, C. A., and Starnes, J. H., Jr.,
Cy”ndrical Shell,” International Journal of Fracture “Nonlinear Bu|g|ng Factors for Longitudina| and Cir-
Mechanics)ol. 1, No. 2, 1965, pp. 104-113. cumferential Cracks in Cylindrical Shells Subjected to

ZCOpely’ L. G.’ and Sanders' J. L., Jr.’ “A Longitudi_ Combined LoadS," AlAA Paper No. 2000'1514, Aprll

nal Crack in a Cylindrical Shell under Internal Pres-2000.

sure,’International Journal of Fracture Mechanicol. 13Ratwani, M. M., and Wilhem, D. P., “Influence of

5, No. 2, June 1969, pp. 117-131. Biaxial Loading on Analysis of Cracked Stiffened Pan-
3Erdogan, F., and Kibler, J. J., “Cylindrical and els,” Engineering Fracture Mechanicd/l. 11, 1979,

Spherical Shells with Cracksiiternational Journal of ~ PP- 585-593.
Fracture Mechanicsyol. 5, No. 3, September 1969, pp.  14Starnes, J. H., Jr., Britt, V. O., Rose, C. A., and
229-237 Rankin, C. C., “Nonlinear Response and Residual

4Riks, E., “Bulging Cracks in Pressurized Fuselages.s“ength of Damaged Stiffened panels subjected to Com-

A Numerical Study” NLR Report NLR-MP-87058 U, bined Loads,” AIAA Paper No. 96-1555, April 1996.
NLR National Aerospace Laboratory, The Netherlands, 15G<‘)‘kgt‘)|, O., “Crack Free and Cracked Life of the
1978. Pressurized Cabin of the A300B — Calculation, Tests

5Riks. E Brogan, F. A., and Rankin, C. C., “Bulging and Design Measurements to Improve Damage Toler-
- A Cire it nce,"Aeronautical JournalJanuary 1979.

References

Cracks in Pressurized Fuselages: A Procedure for Co
putation,” in Analytical and Computational Models of 8Harris, C. E., Piascik, R. S., and Newman, J. C.,
Shells, Noor, A. K., Belytschko, T., and Simo, J. C.,Jr.,, “A Practical Engineering Approach to Predicting
eds., The American Society of Mechanical Engineersiatigue Crack Growth in Riveted Lap Joints,” NASA/
ASME-CED, \ol. 3, 1989. TM-2000-210106, May 2000.

17
American Institute of Aeronautics and Astronautics



Yynch, C. J., and Sterling, S. G., “A Finite Element
Study of the Postbuckling Behavior of a Flat Stiffened
Panel,” ICAS Paper No. 98-7,7,2, September 1998.

Bswift, T., “Fracture Analysis of Stiffened Struc-
ture,” Damage Tolerance of Metallic Structures: Analy-
sis Methods and ApplicatiptASTM STP 842, J. B.
Chang and J. L. Rudd, Eds., American Society for Test-
ing and Materials, 1984, pp. 69-107.

19Rankin, C. C., Brogan, F. A., Loden, W. A., and
Cabiness, H. D., “STAGS User Manual, Version 3.0,
Lockheed Martin Missiles & Space Co., Inc., Report
LMSC P032594, March 1999.

20Riks, E., “Some Computational Aspects of the Sta-
bility Analysis of Nonlinear StructuresComputational
Methods in Applied Mechanics and Engineerilgl.
47, 1984, pp. 219-259.

2IRiks, E., “Progress in Collapse Analysidgurnal
of Pressure Vessel Technoloyyl. 109, February 1987,
pp. 27-41.

22Rybicki, E. F., and Kanninen, M. F., “A Finite Ele-
ment Calculation of Stress Intensity Factors by a Modi-
fied Crack Closure Integral,Engineering Fracture
MechanicsVol. 9, 1977, pp. 931-938.

23Hui, C. Y., and Zehnder, A. T., “A Theory for the
Fracture of Thin Plates Subjected to Bending and Twist-
ing Moments,”International Journal of Fracture Vol.
61, No. 3, 1993, pp. 211-229.

24paris, P., Gomez, M., and Anderson, W., “A Ratio-
nal Analytic Theory of Fatigue,Trend in Engineering
Vol. 13, 1961, pp. 9-14.

18
American Institute of Aeronautics and Astronautics



